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Abstract


Recent research has focused on the feasibility of developing vertical lift aerial vehicles that could aid in the exploration of various planetary bodies in our solar system – specifically, Mars, Venus, and Saturn’s moon Titan. Titan is of special interest because it is the only atmosphere besides Earth’s that is dominated by molecular nitrogen, and has an abundance of organic materials; additionally, the moon’s atmosphere may be similar to a young Earth at the advent of life. 
This paper summarizes the conceptual design process of a “Titan space mission to deploy and fly a small autonomous, robotic helicopter on Titan, the largest moon of Saturn” as stated in the project’s request for proposal (RFP). The helicopter is to be capable of operating for a minimum period of 30 Earth days and fly several sorties from a base station.  Communication between the base and Earth should be regular, but does not need to be continuous.  Typical communications include low data rate scientific data and compressed video and still pictures.  The spacecraft should be launched from Earth in the 2012-2015 timeframe.
In addition, there are two design reference missions (DRM’s).  DRM1 is a sample collection mission: 1 km range, 1 kg retrieval system + 20 g sample, minimum of 5 minutes for hover, and a maximum mission time of 18 hours are required.  DRM2 is a reconnaissance mission: 2 kg instrument payload, search area centered at 500 m away from lander, loiters over a 25,000 m2 circular search area at 25 m altitude and 1 m/s velocity are required.  Also, the helicopter cannot land until it returns to the lander.  The process shown in Figure 1 was used to design the helicopter and mission.
The team employed the Integrated Product and Process Development (IPPD) methodology to evaluate the critical engineering characteristics of the design project, generate a broad design space and down-select the design space to the one most promising conceptual design. Furthermore, the team developed an integrated frameworks model of the entire mission (from launch to planetary vehicle). The model was used for evaluation and optimization of mission scenarios and possible technologies versus mission metrics such as spacecraft gross mass and life cycle cost.
Design Process

A design team was formed to employ the IPPD (Integrated Product and Process Development) methodology for the conceptual design of the aerial vehicle.  The IPPD process starts by “understanding the customer” using techniques such as functional decomposition, affinity diagrams, and quality function deployment (QFD).  This process allows the design team to translate into engineering deliverables the customer requirements specifically stated in the request for proposal (RFP) as well as characteristics that are implicitly requested and vital to the project’s success. To this end, customer requirements were assessed and compared to engineering characteristics and difficulties.  
The IPPD process was started by breaking up the mission into smaller, more attainable goals. This was done via “functional decomposition” which is used to break down the customer’s overall objectives into smaller actions that can be analyzed from an engineering point-of-view.  
The functional decomposition diagram created for the helicopter is depicted in Figure 2. 

After breaking down the mission into more manageable parts, an “affinity diagram” was used to identify the inherent similarities between items.  It provides organization of ideas, facts, and opinions into natural groups.  Affinity diagrams were used to organize the customer requirements and engineering characteristics into several groups (Figure 3).  The two diagrams are necessary for building a QFD as they are used to fill the customer “what’s” and the engineering “how’s” sections of the house of quality.  For every customer “what” or requirement, there needs to be at least one engineering “how” or solution that will address that issue.
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Figure 1: Design Process Overview.
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Figure 2: Functional decomposition diagram.
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Figure 3: Affinity diagrams for the customer requirements (left) and engineering characteristics (right).

The next step was to take the results from the affinity diagram and place them into a “house of quality” (QFD matrix, Appendix A).  This is a decision analysis tool allowing designers to plan, prioritize, and focus their efforts on the most important engineering characteristics for a complex problem.  An emphasis is placed on the most important customer requirements such that the customer’s “voice” is heard.  These are then structured, organized and understood by the engineers working to find a solution, or family of solutions, that satisfy the customer’s requirements.  


The customer requirements, from the affinity diagrams, are organized to the left of the QFD.  The top part of the QFD matrix is populated by the engineering characteristics.  The central section of the QFD, also known as the relationship matrix, shows how the customer requirements are related to the engineering characteristics.  These relationships are then ranked on a non-linear scale.  Each ranking is given a number: 1 for a weak, 3 for a strong, and 9 for a very strong relationship.  The relationships between the customer requirements and engineering characteristics provide the basis for identifying and selecting design concepts by emphasizing the primary drivers of the design.  The “roof” of the house illustrates the relationships between the engineering characteristics. The interactions are given a rating: strong negative “=”, negative “-“, positive “+” and strong positive “++.”  The bottom portion of the QFD contains the target values set for each engineering characteristic, the organizational difficulty and the weighted and the relative importance rankings.  The weighted importance is calculated by multiplying the numerical values found in the relationship matrix with the associated customer importance rating.

After the QFD was generated, alternative concepts for the engineering characteristics were created.  The alternative design space was generated through brainstorming.  After which, a morphological matrix showing each alternative concept was prepared (Table 1).  All the alternative concepts were then assigned to team members for more in-depth research and study. The purpose of this was to determine engineering concepts that would be obvious winners for their given engineering characteristic or, in cases where there was not an obvious winner, determine what concepts would be appropriate for trade studies. 

The rotor type selection was quickly identified as a critical design characteristic that did not have an obvious winner. This decision was separated from the other engineering characteristics for a more formal down-selection process. For the rotor type options, which are single, coaxial, tandem and quad (Figure 4), down-selection was performed using the Technique for Order Preference by Similarity to an Ideal Solution (TOPSIS).  For this selection, five importance weighting scenarios were used, while utilizing multiple weightings allowed for a more robust solution.  The coaxial rotor type was ranked as the best concept for every weighting scenario (Table 2) and thus was chosen for this project.  

After rotor selection, the overall concept candidates were determined.  There were two main groups of concepts which differ by the recharging system: the Island Hoppers and the Mamma’s Boys (Table 3).  The Island Hoppers carry their own recharging system and only depend on the lander for data transfer and Titan sample analysis.  They can “hop around” on Titan’s surface from one point to another, only stopping to recharge/refuel or pick up a sample.  These helicopters have an increased range but are much heavier since they need to carry all of their fuel.  On the other hand, the Mamma’s Boys dock with the lander autonomously to recharge/refuel and communicate.  These helicopters are lighter than the Island Hoppers but have a more limited in range. 
Table 1: Morphological matrix of alternative concepts.
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Figure 4: Alternative rotor concepts.
Table 2: Rotor type down selection.
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Table 3: Helicopter concept candidates.
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Once the helicopter alternative concepts were created, the TOPSIS method was employed for concept ranking and selection.  TOPSIS was used to down-select the helicopter concept around which a base mission would be built.  Using the importance weightings (Table 4), based on customer preference as determined from the QFD the concepts were ranked (Table 5).  
Table 4: Importance weights used for TOPSIS.
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Table 5: Ranking of helicopter concepts.
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The Island Hopper 2 concept was found to be the best helicopter, the characteristics of this vehicle are shown in Table 6 and a conceptual design model is in Appendix B.  Here, some of the engineering characteristics (entry method, thermal protection, auxiliary power system, vehicle material, propulsion power system, data transfer method, as well as guidance and navigation type) were chosen to be selected by optimization or trade studies. 
Table 6: Characteristics of Island Hopper 2.
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After the best concept design of helicopter was determined and selected by means of the IPPD process, trade study and optimization steps were started.  The helicopter and mission design spaces are shown in Table 7 and Table 8 respectively. There are 3 continuous and 5 discrete variables for the helicopter and 5 continuous and 11 discrete variables in the mission.
Table 7: Helicopter design space.
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Table 8: Overall mission design space
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However, the altitude to pre-circularize, thermal protection system type and the helicopter RTG material variables were defined by other design considerations.  For the helicopter design space, if an RTG is used, the radioactive material will be determined to match that used in the spacecraft/lander, so the RTG material option was eliminated from the helicopter design space.  For the atmospheric entry, the minimum circularization altitude results in a lower entry velocity and smaller entry angle, this gives a lower gravity and heat load (Figure 5) that translate into the lightest and cheapest vehicle.  Also, circularization at lower altitudes requires a lower total ∆V for circularizing and de-orbit.  This means that an altitude of 505 km should always be applied for the pre-circularization case, which eliminates one of the continuous variables in the mission design space.  
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Figure 5: Entry conditions vs. circularization altitude.

Design variable refinement was also applied for thermal protection systems.  Ablatives showed to always have a lower mass than tiles for a given heat load (Figure 6).  Reusable vehicles utilize tiles despite their mass penalty due to the benefit of reusability.  Unlike ablative materials, tiles do not burn away during reentry, and so thus can be reused.  This benefit drives down the long-term cost of the entire reusable system as compared to a system that employs ablative materials. However, in this case, the vehicle is not reusable and this advantage does not come into play.  Therefore, tiles were no longer considered for the project beyond this point in the design process. The mission would use ablative heat shielding due to mass and cost advantages.  This refined the design space to 3 continuous and 4 discrete variables for the helicopter design space and 4 continuous and 10 discrete variables for the mission design space.
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Figure 6: Mass of TPS system vs. entry temperature.
Multidisciplinary Analysis

The multidisciplinary analysis (MDA) problem was broken up into two design structure matrices (DSM’s): one for the helicopter alone and one for the whole mission.  A DSM (or an N2 diagram) is a multidisciplinary analysis tool used to help visualize the flow of data between each engineering discipline when converging a design.  In a DSM, each engineering discipline receives input values, performs its analysis independently of the other analyses, and then outputs values to the other analyses.  The analyses, called contributing analyses (CA’s), are run in series, from the top left of the DSM to the bottom right.  The feed forward links are represented by arrows on the top of the DSM while the feed back links are arrows on the bottom.  The helicopter DSM and the mission DSM are shown below (Figure 7).  In the helicopter DSM, the helicopter gross mass is fed back from the weights and sizing CA to the aerodynamics and performance CA’s.  In the mission DSM, the spacecraft gross mass is fed back to the launch CA while the entry mass is fed back to the entry and propulsion CA’s.  
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Figure 7: Helicopter DSM (left) and Mission DSM (right).

Each CA calculates output values using appropriate assumptions and methods.  To understand the model clearly, a description of each CA is needed.
Helicopter aerodynamics – Uses momentum theory to size the rotors.  Assumes a tip Mach number and rotor solidity and calculates the drag coefficient.  All assumptions used are based on historical data adapted for Titan’s atmosphere.
Helicopter performance – Uses the ranges and altitudes from the combined DRM to find the power and time of flight for each mission segment.
Helicopter propulsion – This calculates the weight of the propulsion system and power requirements for flight.  Two types of propulsion systems were considered (electric and methane-oxygen combustion) as well as three types of rotor materials (aluminum, titanium and graphite-epoxy composite).  The motor was sized from existing components while the rotor blades and drive shafts are sized for a given disk loading.
Helicopter power – This CA calculates the power available from the power subsystem as well as the subsystem weight.  It also investigates three types of electrical power systems (RTG's, RTG trickle charging batteries, and fuel cells) as well as two types of nuclear materials powering the RTG's (Strontium-90 and Plutonium-238).  Components are sized from existing systems.
Helicopter weights and sizing – Outputs the helicopter gross mass and dimensions as a function of the subsystem masses and sizes.  This CA also sizes the structural components of the helicopter with buckling theory and considers aluminum, titanium, graphite-epoxy and magnesium alloys for the structural material.
Mission trajectory – Uses IPREP (Interplanetary PREProcessor) to calculate the trajectory parameters and in-space (V needed.  These values were used to size the mission propulsion and select a launch vehicle.  There were four types of trajectories, including a direct (Hohmann), a minimum in-space (V, a minimum Earth C3, and a minimum time of flight trajectory, and three types of entry methods considered, including a direct entry, a pre-circularization with a de-orbit burn, and a burn to slow down before reentry.  
Mission communications – This CA sizes the communications systems for the lander and the spacecraft.  Both are parabolic high gain antennas and are sized from historical data.  There were two types of Earth communications bands considered: X-band and Ku-band.
Mission power – Uses historical data to size the spacecraft/lander power subsystem.  The spacecraft and the lander share the same power system.  RTG’s and batteries trickle charged by RTG’s were considered as well as Strontium-90 and Plutonium-238 for the nuclear material.  Fuel cells were not included because the amount of communication between the spacecraft and Earth is unpredictable; making the amount of power needed uncertain.  Solar cells were not considered because of the distance from the sun and the thick haze of Titan’s atmosphere.
Mission entry – The mission entry CA calculates the entry load and maximum temperature during reentry to size the entry shell’s thermal protection system.  It also has the option of choosing between an ablative and a tile system.
Mission launch – This CA acquires the spacecraft gross mass and the Earth C3 needed and chooses the least expensive launch vehicle that can fulfill the mission requirements. The designer can override this and directly choose the launch vehicle.
Mission propulsion – Sizes the spacecraft propulsion system from the required (V.  This CA allows for different propellants to be used for different segments of the in-space trajectory.  Options to choose cryogenic propellants, conventional storable propellants, advanced storable propellants, and nuclear thermal rockets are included.
Mission weights and sizing – This CA sizes the lander and spacecraft using the known subsystem masses and historical trends.  Structural materials considered include aluminum, titanium, magnesium and graphite-epoxy.  This CA also calculates the spacecraft gross mass and dimensions.
Mission cost and risk – Calculates the life cycle cost (LCC) of the mission, which includes research, development, testing and evaluation of the hardware, launch vehicle, operations and support costs using historical based cost estimating relationships [1].  This CA also estimates a technical risk level based on the subsystem technology readiness levels.
Optimization Technique

The MDA problem of searching through the realm of possible mission scenarios and converging each of the DSM’s was solved by importing the model into Phoenix Integration’s ModelCenter [2] and coupling the model with off the shelf ModelCenter optimizers.  The problem was broken up into a genetic algorithm (GA) coupled with two optimized DSM’s, one for the helicopter itself and one for the whole mission (Appendix C).  GA would pick a set of discrete variables for the design (for example to use aluminum for the helicopter structure) and then the two optimizers would find the optimal solution for the continuous variables and “converge” the design (for example that the initial guess and actual calculated value of the helicopter had to match.)  For the continuous variable optimizers conjugate-gradient unconstrained method was applied with an external penalty function to account for design constraints. Also, to eliminate the need for feedback links, optimizer-based decomposition (OBD) was applied.  

The helicopter and mission optimizations are similar problems.  For the helicopter, the problem is to 
minimize
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by changing 
M’gross, cruise velocity, climb rate, and rotor radius.  
Where, Mgross is the gross mass of the helicopter output from the DSM, M’gross is the gross mass input to the DSM, and W/A is the helicopter disk loading.  
For the mission, the problem is to 
minimize
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by changing 
M’gross, M’entry, Dantenna_sc, Dantenna_lander, Dareoshell, and (Vslowdown.
Where Mentry  is the entry mass output from the DSM , M’entry  is the entry mass input to the DSM, Dx is the diameter of the x component, Vx is the volume of the x component, ΔVslowdown is the change in velocity before entering Titan’s atmosphere, Metrici are the system level metrics considered and Wi are the weighting values given to these metrics, which will be discuss in more detail later. Note that the normalized masses for Mgross and Mentry in gmission6 and gmission7 respectively are allowed to converge within different tolerances. The entry mass of the system is much smaller than the gross mass of the entire spacecraft thus each tolerance (5 or 1 kilograms in this case) represent a small error in the mass estimate of 1 to 2 percent.

The external penalty function was used in place of using a direct method with optimizer constraints.  This allowed the DSM’s to produce an output even if the design was infeasible instead of halting the optimizer because of unmet constraints.  This was critical in order to allow the genetic algorithm to run and optimize.  For the helicopter, the external penalty function is 
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and for the mission it is
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where rp is a scale factor and ((X) is the penalty function that is used in place of f(X).  

The variable metric method and the conjugate-gradient method were considered for both DSM optimizers.  The variable metric method was found to be slightly more time consuming than the conjugate-gradient method while producing virtually identical results and was therefore not used.  To converge the DSM’s, optimizer based decomposition (OBD) and fixed-point iteration (FPI) were considered.  Although OBD requires more calls to the optimizer than FPI, the speed of the OBD optimizer makes up for the time.  Optimizing a design with FPI was more time intensive than OBD, and therefore, OBD was chosen.  With this method, one helicopter and mission convergence took approximately 50 seconds (Pentium 4, 2.2 GHz).

For the discrete variable optimization, GA and full factorial approaches were considered.  For this problem, there are 14 discrete design variables to optimize: 4 two-level, 5 three-level and 5 four-level variables.  For a full factorial approach, there are 3,981,312 combinations.  At 50 seconds per convergence, a full factorial method would take approximately 6.3 years for each weighting scenario.  For a GA with a population size of 72 (3 times the chromosome length) and 30 generations there are 2160 combinations, which would take approximately 30 hours.  Obviously, the GA approach is a more reasonable method to choose even though it does not completely explore the design space.  The GA driver used was SpaceWorks Engineering, Inc.’s (SEI) OptWorks Genetic Algorithm Driver Component.  The GA employed used proportional reproduction, 2-point crossover with a 70% probability, and bit-wise mutation with a 30% probability. For all cases the genetic algorithm was run over 40 generations.
Optimization Results

The multi-disciplinary analysis (MDA) can be optimized for several system level metrics: the spacecraft gross mass, Life Cycle Cost (LCC), LCC per helicopter, interplanetary time of flight (TOF), and mission risk.  A designer usually does not want to focus on just one of these metrics.  The designer would rather have the MDA optimize over a function that is a weighted combination of the metrics.  Several weighting scenarios were examined including a gross mass, an LCC, an LCC per helicopter, an all equal weights and a customer scenario.  The customer scenario is the weighting scenario chosen by Melvin J. Ferebee, head of the Spacecraft and Sensors Branch of Aerospace Systems Concepts and Analysis Competency at NASA Langley.  These scenarios were considered to be the most representative of the model because they are heavily influenced by virtually all of the design variables.  The weights used are listed in Table 9.
Table 9: Weights for each weighting scenario.
	Weighting Scenario
	Spacecraft

Gross Mass
	LCC
	LCC/Helicopter
	TOF
	Risk

	Gross Mass
	1
	0
	0
	0
	0

	LCC
	0
	1
	0
	0
	0

	LCC/Helicopter
	0
	0
	1
	0
	0

	All Equal
	0.2
	0.2
	0.2
	0.2
	0.2

	Customer
	0.21
	0.36
	0.14
	0.14
	0.14



The results for each weighting scenario are listed in Table 10 and Table 11.  This data shows that the mission can be performed with a minimum gross mass of 232 kg, a minimum LCC of 195 $ M FY03, a minimum LCC/Helicopter of 66 $ M FY03 or a minimum TOF of 10.3 years.  Also notice that the only notable differences in the discrete variables between each scenario are the structural materials, the launch vehicle and the number of helicopters.  

The optimization method was successful in optimizing both the discrete and continuous variables by embedding the gradient based optimizers inside a stochastic method optimizer.  The model was robust enough to run even infeasible solutions without ModelCenter halting the model; this is critical for the GA.  One drawback to the model includes a loss of resolution on some design variables. When optimizing the continuous variables the design space was more sensitive to some variables while others had a much lower influence on the design. Thus the variables that had a lower impact were not optimized as well by the optimizer.  There was also a possibility that the GA solution is not the true optimum.  This is because the GA uses a lot of randomness in its search strategy and thus there is always a chance that it does not explore the design space completely and never try the true optimum solution.  Possible solutions to these problems include reconditioning the helicopter and mission optimizers and running the GA for more generations.
Table 10: Final metric values for each weighting scenario.
	Weighting Scenario
	Spacecraft Gross
Mass (kg)
	LCC ($ M FY03)
	LCC/Helicopter
($ M FY03)
	Time of Flight (years)
	Risk

	Gross Mass
	232
	214
	214
	10.3
	1.54

	LCC
	244
	195
	195
	10.3
	1.55

	LCC/Helicopter
	408
	264
	66
	10.3
	1.57

	All Equal
	347
	240
	120
	10.3
	1.55

	Customer
	335
	225
	113
	10.3
	1.49


Table 11: Discrete variable choices for each weighting scenario.
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The final metric values (Table 10) show that the GA optimizer did a good job at minimizing for the weighting scenarios that depended on only one metric. As can be noted, the gross mass weighting scenario did indeed minimize the gross mass of the spacecraft (232 kg) just like the LCC and LCC/Helicopter weighting scenarios were successful in minimizing their respective metrics. This trend allows for greater credibility to be placed in the results that the GA provided for the combined metric weighting scenarios, “All Equal” and “Customer”, where it is very hard for one to intuitively tell if the design provided by the GA is indeed more optimal for the particular weighting than the values optimized for a different weighting scenario.

One can also note the similar results for each discrete variable choice across all weighting scenarios, shown in Table 11. For example, the variable choices that were common to each weighting scenario were an electric helicopter propulsion system powered by RTG/Batteries, a trajectory requiring the minimum Earth escape energy (C3) and conventional storable propulsion for burns along the in-space trajectory. These same variables were also found to be the most critical design variables for the entire mission. A helicopter that used a different type of propulsion system was found to most often produce an infeasible solution where the helicopter would not be able to fly. Also, minimizing the C3 needed from the launch vehicle allowed for the selection of launch vehicles capable of placing the spacecraft directly into the trajectory needed to reach Titan. Thus, the use of this particular trajectory was desired over the others considered since it does not require a boost after launch and eliminates the significant amount of propulsion mass that must be carried. Finally, the use of conventional storable propulsion for the small correctional burns made during the in-space trajectory is due to the high specific impulse (Isp) of hydrazine thrusters. Furthermore, using hydrazine for in-space trajectory burns allows for this system to be combined with the attitude and control system. This allows for added mass and cost savings.

Even, though several weighting scenarios were analyzed, the final design for the mission is the one optimized for the “Customer” weighting scenario. This is due to the desire to “design for the customer” as defined in the IPPD methodology.
Final Design

The final design of the Titan helicopter and mission is one that represents the desires and needs of the customer, in this case defined by Melvin J. Ferebee, of NASA Langley. This design is intended to satisfy the customer and account for mission requirements explicitly and implicitly solicited in the original request for proposal (RFP).  As can be seen from the “customer” metrics in Table 10, the final design has a total LCC of 225 $ M FY03, weighing 335 kg gross, and has a relatively low technical risk level of 1.49.  Two helicopters will be contained in the lander, with the helicopter and lander conceptual design and dimensions outlined in Figure 8 and Figure 9 below.
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Figure 8: Final helicopter conceptual design.

[image: image28]
Figure 9: Final lander conceptual design.

The weight breakdown for the final design (the customer weighting scenario) is shown in Figure 10 - Figure 12.  The helicopter weight breakdown shows that the largest subsystem mass was from the power subsystem at 27.3% of the total gross mass.  This was not surprising since the helicopter carries its entire power source for the whole mission.  Communications and descent propellant were the largest components of the lander mass at 10.6% and 10% of the gross mass respectively, not considering payload (which includes the two helicopters and 20 kg for science instruments), while the structure was the largest component of the spacecraft at 19.2% of the gross mass.
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Figure 10: Helicopter weight breakdown structure for the customer weighting scenario.
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Figure 11: Lander weight breakdown structure for the customer weighting scenario.
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Figure 12: Spacecraft weight breakdown structure for the customer weighting scenario.
Conclusion

Through the use of IPPD and a dynamic optimization model, we were able to design a Titan helicopter mission optimized for any given weighting scenario.  In this instance, the final design was based on the results from the “customer” scenario, with the weightings provided by Melvin J. Ferebee of NASA Langley.  As previously stated, this decision was made because of the goal of the IPPD methodology to design the system with the customer in mind.  

Using commercially-available software tools, we created a model which is robust enough to run even infeasible areas of a given design space.  Moreover, with the application of a GA we were able to explore a very large design space despite time constraints.  This is due to the ability of the GA to reduce the time required for optimization by significantly reducing the number of design combinations that were considered.  Given this capability, we were able to produce optimized solutions for each of the metric scenarios we had identified, and finally we chose the “customer” upon which the final design will be based.  
Future Work

The current model stands as a working, complete model and future work would not concentrate on completion of the current project, but enhancement.  The sensitivity and resolution of the Titan helicopter and architecture model, as all models, can be enhanced through new conditioning techniques and introduction of higher fidelity analysis from the contributing analysis.  New conditioning methods will be applied and evaluated in order to solve some of the loss of resolution problems that were encountered with the optimization of the helicopter velocity and climb rate.  

The fidelity of the tools can be improved as new data about Titan is available from Huygens and other missions or through the use of integration schemes when required.  Furthermore, higher fidelity legacy codes or possibly response surface equations of the codes can be applied to further enhance the model fidelity.  
Outreach

April 18, 2003 – The team helped run and judge a rocket design competition at Georgia Tech’s AIAA Space Day.

April 23, 2003 – The team joined aerospace engineering undergraduate students at their final presentations as a preview to graduate school and to encourage higher educational pursuits.
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Appendix A
The “house of quality” used in quality function deployment.
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Appendix B
The multidisciplinary analysis tool used to optimize the system design.
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